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SUMMARY 
Lift, drag, and pitching- moment characteristics for a wing-body 
combination are presented throughout a Mach number range from 2 . 49 to 
3.53. The wing had an aspect ratio of 3.1, a sweepback of the leading 
edge of 19.10 , a taper ratio of 0.39, and a biconvex profile with a 
thickness of 3 percent of the chord . Linear theory with account taken 
of the mutual interference between the wing and the body gave a good 
estimate of the variation of the lift and pitching-moment curve slopes 
with Mach number . 
Photographs taken during a visual- flow study by the sublimation 
technique are presented for the model equipped with various sizes of 
single-element roughness . At a Mach number of 3.53 and Reynolds number 
of 1.3XI06 , none of the roughness e l ements tested were effective in pro-
ducing transition. The tests indicated that a single - element roughness 
large enough to fix transition at the element would create a drag incre -
ment over four times the additional skin -friction drag associated with 
the increased extent of turbulent boundary layer . Each roughness element 
produced what appeared to be small regularly spaced streamwise vort ices 
in the boundary layer. 
INTRODUCTION 
A program is currently in progress in which the same wing- body com-
bination is being tested throughout a Mach number range from subsonic to 
high supersonic speeds in various wind tunnel s at Ames Aeronautical 
Laboratory. These investigations have been conducted primarily to pro -
vide experimental force and moment data over a large Mach number range 
and to provide i nformat ion for comparisons of data obtained at the same 
* . Tltle, Unclassified. 
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Mach and Reynolds numbers from the same model in different wind tunnels . 
Experimental results from some of the investigations reported upon thus 
far are contained in references l to 5. Force and moment data are pre-
sented herein throughout a Mach number range from 2.49 to 3.53. 
In several supersonic wind- tunnel investigations it has been the 
practice to produce boundary- layer transition on the model near the wing 
leading edge in an attempt to obtain flow conditions within the boundary 
layer believed to be more representative of flight conditions. At Mach 
numbers below about 2 . 5 considerable information exists on the minimum 
size of roughness element required to produce transition on bodies of 
revolution and on wings (e . g ., refs . 6 and 7), but only a limited amount 
of information i s available at the higher Mach numbers. To provide some 
information on the roughness requirement at a Mach number of 3.53, results 
from a visual- flow study are presented for the model equipped with various 
sizes of single- element roughness. 
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NOTATION 
lift lift coefficient , qS 
lift curve slope measured at ~ = 00 
drag drag coefficient , -qs-
pitching moment 
pitching-moment coefficient , qSc 
pitching- moment curve slope measured at CL 
wi ng span 
mean aerodynami c chord , 
local chord 
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L 
D 
M 
q 
R 
S 
y 
lift-to-drag rati o 
Mach number 
free - stream dynamic pressure 
Reynolds number based on C 
wing area 
lateral distance from the body axis 
angle of attack 
APPARATUS 
Wind Tunnel 
3 
Tests were conducted in the 8- by 7-foot supersonic test section of 
the Ames Unitary Plan Wind Tunnel . The Mach number in this test section 
can be set at any value from 2 .5 to 3 .5 by the movement of flexible nozzle 
walls while the wind tunnel is in operation . The pressure is automati-
cally maintained at any selected value between 5 and 55 inches of mercury 
absolute . A more detailed descript i on of this wind tunnel is given in 
reference 8. 
Model 
The model consisted of a wing-body combination and was mounted on a 
six- component strain-gage balance which was attached to a sting support . 
A photograph of the model mounted in the wind tunnel is shown in figure 1. 
The wing had an aspect ratio of 3.1, a taper ratio of 0.39, and a leading-
edge sweepback of 19 . 10 • The wing profile was biconvex with a maximum 
thickness of 3 percent of the chord. The equation given in figure 2 , 
which defines the body of revolution , was derived by W. R. Sears and 
W. Haack and satisfies the theoretical criteria for minimum wave drag 
at supersonic speeds for a closed body with a given length and volume . 
Complete dimensional data for the model are given in figure 2 • 
. ----~-------------- ~----
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TEST METHODS AND TECHNIQUES 
Force-Test Variables 
Measurements of the forces and pitching moments at Mach numbers of 
2 . 49 , 2 . 78, 3 . 06, 3.29, and 3 . 53 were made by means of a six-component 
electrical strain- gage balance . For each Mach number the tests were con-
ducted at Reynolds numbers of 1.3 and 2.5 million. In order to increase 
the positive angle-of-attack range the model was supported on a sting 
which had a bend angle of 130 • For each test condition the model vlaS 
pitched through an angle-of- attack range of -1.00 to 27.70 • 
Reduction of Data 
Corrections .- The axial forces used to compute the drag coefficients 
were adjusted to the condit ion of having the free - stream static pressure 
on the base of the model . 
An incremental Mach number was added to the nominal Mach number 
setting to account for the small longitudinal gradient of Mach number in 
the wind tunnel . The Mach number variation along the tunnel center line 
over the model length was less than 0.05. The Mach numbers presented in 
the figures are for the longitudinal station which corresponds to the 
intersection of the wire leading edge and the body surface. 
Accuracy .- The accuracies listed below are based on the least counts 
of the read- out e~uipment and the repeatability of the measuring systems. 
CL ±0.015 
Cm ±0.004 
CD ±0.0013 
a, ±0.05° 
M ±0.01 
R ±0.05X106 
Roughness Sizes 
In general, as the Mach number increases and/or the Reynolds number 
per unit length decreases, the element size re~uired for transition 
! 
I 
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increases, as indicated by references 6 for bodies of revolution and 7 
for wings o Although not strictly applicabl e , these references were used 
as a guide in the selection of element sizes for the present investiga-
tion. Accordingly, 0 . 032- , 0.051- , 0 .063-, and 0 .093 - inch-diameter wir es 
were attached to the wing surfaces at the chordwise positions shown in 
figure 3 . The 0 . 063 - inch roughness element corresponds approximately to 
the size re~uired to fix transition at the element at a Mach number of 
3 . 53 and a Reynolds number of 1 . 3 mi lli on , according to an extrapol at i on 
of the data of reference 7. This choice of Mach and Reynolds numbers 
represented the most severe test condition for fixing transition of those 
covered in the force tests . Only the 0 . 063- inch roughness element was 
investigated on the body at the location shown in figure 3. 
Visual- Flow Technique 
The sublimation techni~ue of reference 9 was choben as the s implest 
and the best suited method of flow visualization for the test conditions 
encountered in the present investigation . In selection of the subl i mabl e 
materi al , the time required to bring the wind tunnel up to operating con-
di tions i s an important factor, about 40 minutes for the present tests ; 
the material selected was azobenzene (CeHSN :NCeH5 ) . To preserve the 
lacquer finish on the model petroleum ether was chosen as the carrying 
agent . 
The rate of sublimation is affected by the local temperature of the 
sublimable solid and by the shear near the material . Therefore , the 
sublimer evaporates more rapidly for a turbulent boundary layer than for 
a laminar boundary layer except near the wing leading edge where the 
shear is high . 
RESULTS AND DISCUSSION 
Aerodynamic Characteristics 
The lift, drag , pitching- moment, and lift- drag- ratio results at two 
Reynol ds numbers are presented throughout the Mach number range of 2 . 49 
to 3 . 53 in figure 4 . Summary plots of important aerodynamic character-
istics as a function of Mach number are presented in figure 5. Since a 
change in Reynolds number from 1 . 3 to 2.5 million had a negligible effect 
on the result, a single curve is presented for both Reynolds numbers on 
the summary plots . To indicate the general agreement between the pres -
ent results and those from another facility, data from reference 1 have 
al so been included in figure 5 . In addition, the aerodynamic center and 
the lift curve slope, calculated by the linear theory of references 10 
and 11 , are also shown in figure 5. 
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Linear theory gave a good esti mate of the variation of lift and 
pitchi ng-moment curve sl opes with Mach number . However , small differences 
between the experimental and theoreti cal values of these slopes can be 
noted . 
At a constant l ift coefficient , the drag coefficient increased about 
35 percent wi th an increase in Mach number from 2 . 49 to 3 . 53 . The maxi -
mum lift- drag ratio decreased from about 6 . 0 to 4 . 8 over this same Mach 
number range . Inspection of the drag results indicates that the induced 
drag due to l ift was approximately equal to the lift times the angle of 
attack , the expected result for a wing having a supersonic leading edge . 
Visual- f l ow studies, described hereinafter, indicated that laminar 
flow existed over the entire wing at ~ = 00 and a Mach number of 3.53, 
the only Mach number at which these stUdies were made . No force measure -
ments are presented for the model with roughness elements attached to the 
wing surfaces, since preliminary force tests indicated that the element 
size required to fix transition at the element would create an excessively 
large wave drag . Although the largest roughness element investigated, 
the 0 . 093 - inch element , did not produce turbulent flow over the entire 
Wing, this element created a drag increment which was about four times as 
large as the drag increment estimated for the difference between having 
completely turbulent and completely laminar flow on the wing. 
Visual- Flow Studies 
Sublimation photographs taken with the model at ~ = 00 at certain 
time intervals after the .lind tunnel was brought up to operating speed 
and pressure are presented in figure 6 . The time intervals are shown on 
each photograph . 
Figures 6 (a ) and 6(b) indicate that laminar flow existed over nearly 
the entire II smoothll wing at either Reynolds number except near the "lving-
body juncture and the wing tip. At the lower Reynolds number of 1.3 mil-
lion each roughness element appeared to be ineffective in producing a 
turbulent boundary layer outside of the shock wave which emanates from 
the body nose and to have questionable effectiveness within this bow 
wave. At the higher Reynolds number of 2 . 5 million, the three roughness 
elements produced transition at the element within the bow wave and at 
some distance behind the element outside the wave as evidenced by fig-
ures 6 (b ) and 6 (d) . Although the photographs at a Reynolds number of 
2.5 million were taken 24 minutes l ater than those at a Reynolds number 
of 1 . 3 million , because of the time required to increase the wind- tunnel 
pressure, complete time histories of the sublimation progression indicate 
that the photographs at the higher Reynolds number are indicative of the 
flow conditions existing on the wing at this Reynolds number . Differences 
in the effectiveness of the roughness in producing transition outside of 
I 
J 
, 
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and within the bow wave can be attributed to the existence of higher 
local Reynolds numbers within this wave because of the density changes 
and the excitation of flow fluctuations associated with the flow through 
the body bow wave . The o . 063- inch roughness element on the body nose 
fixed transition approximately halfway between the element and the wing-
body juncture at a Reynolds number of 1 . 3 million, but at the element at 
a Reynolds number of 2 . 5 million , as indicated by figures 6(c) and 6(d) . 
The striations which are visible in ' the photographs suggest that 
vortices having their axes in the stream direction are created by the 
flow over the wire. Measurements made on the photographs under a magni -
fying glass indicated that the vortex spacing became smaller with a 
decrease in wire height and/or with the increase in Reynolds number found
 
inside the bow wave . Similar striations have been mentioned in previous 
investigations on swept wings (refs. 7 and 12), on concave curved sur-
faces (refs. 13, 14, and 15), and on rotating discs (ref. 12). In refer-
ence 16 it was demonstrated that vortices can be produced by a wire 
attached to a flat plate but that the effective curvature of the stream 
lines induced by this element forward of the element is insufficient to 
produce the vortices according to Gortler's theory (refs. 14 and 15) . 
The vortices in the present investigation may have been produced by 
either the effect of a concave curvature of the boundary-layer flow 
immediately behind the wire or by the three -dimensional flow induced by 
the sweep of the wire by a mechanism similar to that mentioned in 
reference 12 . 
CONCLUDING REMARKS 
Linear theory with the mutual interference between the wing and the 
body taken into account gave a good estimate of the variation of the 
lift and pitching-moment curve slopes with Mach number . 
Limited drag measurements made at a Mach number of 3.53 and a 
Reynolds number of 1 . 3'million indicated that the size of the single -
element roughness re~uired to fix transition at the element was so large
 
as to create a drag increment about four times the additional skin-
friction drag associated with a turbulent boundary layer. Flow over the 
wire produced what appeared to be vortical flow in the form of small 
regularly spaced vortices with their axes alined with the stream direc -
tion. Further investigations will be re~uired to establish whether the 
effective curvature of the boundary- layer flow behind a wire can produce 
vortices or whether a swept wire on a surface can produce vortices 
similar to those found on swept wings . 
Ames Aeronautical Laboratory 
National Advisory Committee for Aeronautics 
Moffett Field , Calif . , May 21, 1958 
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Figure 1 .- Model mounted in the 8- by 7- foot supersonic test section of 
the Ames Unitary Plan Wind Tunnel . 
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[ J3 r . 2X 2 4 r = 1 -(1-7:) o 
All dimensions in inches . 
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Figure 2. - Model dimensions. 
f-' 
f\) 
~ 
:x> 
~ 
~ 
B§' 
f\) 
f-' 
III 
-------~---,,~ .. ----- ----- --------.-~--"---.--.-- -- ~- ---
i-
1-5. l "-i 
~ ---~--------.-..--... ~-
---1 1. .13c 
Wing roughness element 1 
Nose roughness element 
\ 
, 
I 
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(a) R 1 . 3xl06 ; time 20 min . (b ) R = 2 . 5X106 ; time = 44 A- 23916 . 1 mi n . 
Figure 6.- Effect of different sizes of single - el ement roughness on the boundary-layer flow as 
indicated by a zobenzene ; M = 3 . 53 , a = 0° . 
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